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Introduction

OR glancing shock-wavefurbulent-boundary-hyer interac-

tions, the inviscid shock wave has an important role for speci-
fying the interaction behavior regardless of the shape of the shock
generator.! Hence, the trace of the shock wave on the wall provides
an important reference position (the imaginary position that would
exist if no boundary layer were presented on the wall) for under-
standing the interaction.The first authorrecently proposedempirical
prediction methods for the shock angles caused by a series of rhom-
bic delta wings (RDWs) at zero angle of attack? (Fig. 1a) and flat
delta wings (FDWs) with angle of attack® (Fig. 1b). Using these
methods, the shock angle on the plane of symmetry of the wing, 8,
can be predictedeasily. This angle also specifies the trace of a shock
wave along the wall when a swept sharp fin (the half-cut model of
the RDW or FDW) is placed on the wall (equivalentto the position
of the plane of symmetry for the wing). In this Note, the two meth-
ods are combined to predict the shock angles for sharp delta wings
(SDWs) with angle of attack, in which both the RDWs and FDWs
are included (Fig. 1¢). Using the combined method, one can specify
the trace of the shock generated by a swept sharp fin on the wall for
various angles of attack o, sweep angles A, half-apex angles ¢, and
Mach numbers M.

Summary of the Shock-Angle Prediction Methods
for RDWs at Zero o and FDWs with o

For the RDWs at zero «, Ref. 2 suggested the following ap-
proach: The shock angles Brpw obtained computationally and ex-
perimentally at various M, ¢, and A were nondimensionalized by
the parameter [ SBrpw/Bos (€)] - 2¢/(m M*) and were plotted against
¢ = tan™![1/(sine tan 1)] (in radians; see Fig. 1a). In the parame-
ter, the power a is (/2 — ¢)/3 and Bos(¢) is the theoretical two-
dimensionaloblique shock angle for a flow deflection ¢. To correlate
the parameter against ¢, a fourth-order, least-squares equation was
obtained:

F(¢)= —0.2504+0.8081¢ — 0.1829¢% — 0.0971¢% +0.1318¢*
(1)
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The value of Brpw is then determined directly from
Brow = mPos(e) F(O)M* [ (2¢) @)

Similarly, the shock angle for the FDWs with o can be predicted
by?

Brow = TPos(@)G(E)M” [ (28) 3)

where £ is tan~![1/(sin o tan A)] (in radians; see Fig. 1b), the power
bis (/2 —&)/3,and G (&) has been chosen as

G(&) = —0.0202¢ + 1.0204£2 — 0.8885¢° + 0.3234¢*  (4)

Prediction of the Shock Angles for SDWs with o

The shock angle for SDWs with angle of attack may be expressed
by the combination of the two angles, i.e., Bspw = f (Brow, Brow)-
To construct a prediction method for Bspw, one has to consider the
following conditions. 1) When « approaches 0 deg, Bspw has to
approach Brpw. 2) When ¢ approaches0 deg, Bspw has to approach
Bepw- 3) When A approaches0 deg, Bspw has to approach Bos (@ + €)
(see Fig. 1). To satisfy these conditions, the relationship

Bspw = Bepw Prow Pos (@ + ) /[Bos(a) Bos(€)] 5)

has been introduced. It can be seen from Egs. (2) and (3) that
Brow and Brpw become Pos(e) and Pos(w), respectively, when
A approaches 0 deg, and both of them become the Mach angle
[w= sin~'(1/M)] when ¢ and « approach 0 deg. Hence Eq. (5)
satisfies conditions 1-3.

To check the validity of Eq. (5), parametric experiments have
been carried out at Cambridge University’s 21 x 11 cm? supersonic
wind tunnel. Eight RDWs varying in sweep (A =45-73 deg) and
half-apexangle (¢ = 6-14 deg) were tested over three Mach numbers
(1.8, 2.5, and 3.5 with an error of £1%), while the angle of attack
was varied in 5-deg steps (o =5-20 deg). The shock angles were
measured from shadowgraphimages. The optical setup was adjusted
to maximize the measurement accuracy. Nevertheless, an error of
2% of the angle was determined as an upper limit.

Figure 2 shows experimentally obtained values of Sspw against
anglespredictedby Eq. (5). It canbe seen thatthe agreementbetween
experiment and prediction is very good; 80% of the predictions lie
within 2 deg of the experimental values, and 50% are within 1 deg.
However, some of the predicted values can be seen to depart from
the solid line. Most of these are where A = 70 deg at the lower Mach
numbers of 1.8 and 2.5 (see the triangle pointsin Fig. 2). Under such
conditions, the shock wave is nearly circular, and therefore the pre-
diction using Bos deteriorates. However, even for A above 70 deg,
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Fig. 2 Comparison of the predicted and experimentally obtained
shock angles.
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Fig. 3 Shock-curvature effect on discrepancy between experimental
and predicted angles.

the predictionimproves when the shock becomes flatter at the higher
Mach number of 3.5. This shock-curvature effect can be evaluated
by a simple nondimensional shock angle, Bspw/Bos (& + €), which
indicates a deviation of the SDW shock wave from the planar two-
dimensional shock. Figure 3 plots discrepancies between experi-
mental and predicted angles against the nondimensional shock an-
gles. Most of the triangle points fall where Sspw/Bos(a + ¢€) is less
than 0.7. If all of the cases less than 0.7 are excluded, then most of
the predictions fall within the experimental accuracy shown by the
bars in Fig. 2.

Conclusion

It can be concluded that the proposed method is practically ac-
curate enough as long as Bspw/Bos(a + ¢) is above 0.7. Finally,
this procedure can be applied regardless of whether the shock is
attached at the leading edge (Fig. 1 shows the attached case only);
however, the procedureis not applicable for the cases in which any
of o, ¢, and « + ¢ is above the theoretical attachment limit for the
two-dimensional oblique shock at a certain M because fog is not
obtainable for Eq. (5) under such a condition.
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I. Introduction

LTHOUGH the instability and transition of supersonic slen-

der body wakes have seen extensive study for decades, little is
known of the topology of the developing vortical structures. Kendall
studied the stability of Mach 2-4 flat plate wakes and found thatin a
quiet wind tunnel, where all wall boundary layers remained laminar,
the wake underwentaperiodictransition,i.e., without an identifiable
vortex street. In contrast, in a noisy tunnel, where the wall bound-
ary layers were turbulent, a periodic vortex street was observed. In
a more recent study, Chen et al.' studied three-dimensional time-
developing supersonic planar wakes using direct numerical simula-
tionand observedthe developmentoflarge-scale, three-dimensional
structures that are similar to those previously observed in incom-
pressible flat plate wakes.?

In this Note, we discuss the results of a primarily flow visualiza-
tion investigationof the developmentof instabilitiesin the near-field
region of a Mach 3 flat plate wake. Additional experimental details
and results can be found in Ref. 3.

II. Experimental Apparatus and Run Conditions

The experiments were conductedin a pressure-vacuumwind tun-
nel with a freestream Mach number of 3.0. The test section had a
51 x 51 mm cross section and a length of 310 mm. The wake was
formed using a splitter plate (3-deg full angle and 0.7-mm tip thick-
ness) that began upstream of the nozzle throat and extended 50 mm
into the test section. The primary diagnostic method used was pla-
nar laser scattering (PLS) from a seeded alcohol fog. The fog was
illuminated with a light sheet from a frequency-doubled Nd:YAG
laser, and the images were acquired using a charge-coupled device
video camera.

Results are presented for stagnation and test section static pres-
sures of 8044 kPa and 2340.02 kPa absolute, respectively, a
stagnation temperature of 290£3 K, a freestream Mach number
of 3.0, and a Reynolds number based on plate length from the
throat of Re; = 1.4 x 10°. The splitter plate boundary layers were
laminar and were measured with a pitot tube (with a sharp flat-
tened tip, 0.3 mm high x 1 mm wide) to have a thickness of
899 = 1.9 0.1 mm. The side wall boundarylayers were transitional,
probably owing to being tripped by test section/nozzle and test sec-
tion/window junctions.

III. Results

Mean pitot pressure profiles across the wake were obtained at sev-
eral downstream locations. The pitot pressure measurements were
converted to velocity profiles using the Rayleigh pitot formula and
the assumption of adiabatic flow. The wake momentum thickness
was computed from these profiles to be § =0.3 £0.02 mm at all
stations. As a means of quantifying the level of compressibility in
the wake, the relative Mach numberdefinedas M, = (U, — U,) /a
is used, where U, is the freestream velocity, U, is the wake cen-
terline velocity, and a is the freestream sound speed. The relative
Mach number variation as a function of downstream position is
shown in Fig. 1. The coordinate system is defined to have the x, y,
and z coordinates as representing the streamwise, cross-stream, and
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